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Inlet Dynamics and Compressor Surge

RonaLp A. Mays*
The Boeing Company, Sealtle, Wash.

A numerical solution of the one-dimensional, unsteady, inviscid flow equations in a vari-
able area duct, based on Lax’s artificial viscosity technique, was developed to examine large
amplitude transients, such as compressor surge, and their effect on mixed-compression inlet
flow. The advantages and characteristics of the numerical method are briefly outlined. How
to properly define surge, the appropriate numerical boundary conditions, and the sensitivity
of inlet flow history to the surge-initiating mechanism are discussed. Representative experi-
mental data are evaluated and compared with numerical results.

Nomenclature
A = flow area
¢ = sound speed
k = dissipative coefficient
M = Mach number
P = pressure
T = temperature
t = time
u = velocity
z = spatial coordinate
¥ = specific heat ratio
p = density
Y = bleed flow
Superscripts
n = temporal index
0 = initial condition
Subscripts
C = cowl
H = hammer wave
{ = spatial index
o = nondimensionalized form
r = reference condition
T = total conditions
TH = throat

Introduction

HE analytical study of large-scale transient flow phe-

nomena in supersonic inlets and their interaction with
the engine flow is of primary importance to the inlet de-
signer. The optimum design of the inlet, its associated
auxiliary air systems, and the inlet control system in part
hinge on an understanding of the effect of these transients
on the inlet flow history and their attendant effect on inlet
control and performance. A representative axisymmetric,
mixed-compression inlet configuration is shown in Fig. 1.
The variable flow geometry is provided by axially translating
the centerbody and modulating the throat doors. The indi-
cated auxiliary air systems perform a variety of functions.
Boundary-layer bleed reduces the boundary-layer thickness,
thus providing some measure of shock stability and improv-
ing the compressor face pressure recovery. The aerody-
namically actuated throat slot bleed stabilizes the normal
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shock by restricting its upstream travel when the inlet is
subjected to small, rapid freestream and engine transients.
The bypass system spills the air not required by the engine
or other systems during off-design operation, maintains the
terminal normal shock at the desired supercritical position
by sensing changes in the throat total pressure and subsonic
diffuser static pressures, and provides additional engine air
during takeoff. The secondary air system provides cooling
air for the exhaust nozzle and the cabin air-conditioning
system, and acts as an internal bypass duct to alleviate
inlet-engine mismatch.

Past inlet dynamics studies have relied mainly on the
linearized small perturbation method,! the lumped mass
method,?:? or the more complex method of characteristics.*:5:6
The “small perturbation’” method assumes that the dependent
variables deviate only slightly from their steady-state values.
By neglecting higher-order terms, the differential equations
can be linearized and solved handily. While such a flow
description is satisfactory for the study of acoustic phe-
nomena, for example, the range of inputs that can be ade-
quately described by this linear technique is somewhat re-
stricted. The “lumped mass” method i3 a quasi-steady-
state scheme which assigns average flow properties through-
out the inlet, introduces mass bleed and viscous effects as
added empirical correction factors and approximates transient
flow phenomena by using transfer functions to simulate
pressure signal transit times. The “method of character-
isties” is, of course, the most rigorous technique. The gov-
erning differential equations are rewritten in a form that
allows the flow parameters p, u, and P to be calculated
iteratively along characteristic lines in the z-t plane. How-
ever, the existence or the formation of shock waves, either
as a result of the initial field presecription or the rapid vari-
ation in the boundary conditions, appreciably complicates
the programming requirements of this implicit finite differ-
ence method by dividing the flowfield into distinet flow re-
gions at whose boundaries the flow properties are discon-
tinuous.
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The availability of larger, faster computing machines now
allows the complete governing nonlinear equations (conserva-
tion of mass, momentum, and energy) to be solved by con-
ceptually simple and more generally applicable explicit finite
difference methods. These techniques circumvent many of
the difficulties inherent in the other schemes by dealing with
modified forms of the governing differential equations di-
rectly. 'The time and spatial derivatives in the differential
equations are represented by the sums and differences of
truncated Taylor’s series expansions about the point where
the derivatives are being evaluated. Using Lax’s” method,
solving partial differential equations is thereby reduced to
solving explicit algebraic equations.

The large inlet flow fluctuations that accompany com-
pressor surge may structurally damage the inlet and its
auxiliary systems. The postulated causes of such surges
are many and varied and include atmospherie turbulence,
localized changes in inlet angle of attack, acoustical resonance,
mechanical failures in the fuel control or exhaust nozzle
systems, and even human errors in system maintenance.
Unless such anomalies are considered in the system design,
the resulting inlet structural failure could have a serious
effect on the airplane stability and control. Therefore, a
study was undertaken to examine the nature of these surges
and their concomitant effects on the inlet flow history.
How does one properly define compressor surge? To what
extent does this definition influence the resulting inlet flow
history? How dependent is this definition on the inlet-
engine combination? How do the inlet geometry and aux-
iliary air systems affect or modify the flow following such a
surge? It is to these questions that we address ourselves.

Method

Past difficulties in solving the inviscid, unsteady equations
for a perfect gas by the finite difference method have centered
around the discontinuous nature of the solutions to these
equations. These solutions are characterized by continuous
flow regions separated by discontinuities such as shock waves
or contact surfaces. Treating the complete equations in any
conventioital manner, such as the method of characteristics,
results in a highly implicit set of coupled equations that must
be solved iteratively. The programing required for such
schemes is considerable, but unavoidable.

To hurdle these substantial obstacles, numerical techniques
have beén devised that eliminate the discontinuous nature
of the governing equations by effectively adding dissipative
terms to the equations, thereby replacing the troublesome
discontinuities by continuous flow regions. These added
nonphysical terms can be made sufficiently small to limit
their effect to these formerly discontinuous regions. The
Ravkine-Hugoniot equations are satisfied across these
artificially continuous shock waves and the wave thickness
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can be made negligibly small by a suitable choice of grid
dimensions. The particular method used here was developed
by Lax.

The governing differential equations are

mass,

0(pA)/0t + O(pAuw)/oz + ¢ =0

momentum,

O(pAu)/0t + 0(pAdu?)/dz + Yu = —A(dP/0z) (1)

and energy,

A (pA)[P/(y — )p + u?/2]} /0t +
d{ (pAw) [yP/(v — Dp + u?/2]}/oz +
Y[vyP/(y — Dp + u¥/2] = 0

In these equations, ¢ represents the lateral bleed flow from
the inlet. Fluid with the mainstream momentum and en-
thalpy is discharged laterally at a rate determined by the
mainstream static pressure, total temperature, a bleed or
plenum back pressure, and a lateral bleed area. This is
effectively a boundary-layer type of bleed simulation.

The governing differential equations have the general form

Of /ot + dg/dx 4+ h = 0 @)

where f, g, and k are functions of space and time. For ex-
ample, in the mass conservation equation, f = pA, g = pAu,
and b = .

The Lax technique replaces the normally used forward
time difference by an averaged time difference. Using this
and the central spatial difference notation, the general form
of the difference equations becomes

{fot — Sfua + firl} /A 4+ {grar — giar}/(2A%) +
hi» =0 (3)

The subscript is the spatial index z = ¢Az. The super
seript is the temporal index ¢ = nAf. The inlet schematic
and calculation grid are illustrated in Fig. 2. The calcu-
lations proceed forward in time as indicated. Given the
initial and boundary conditions (p:, ui*, and P are known
for all £ and n), p:»*Y wir™, and P;»** can be determined by
successively solving the three conservation difference equa-
tions. Moving from left to right, the flow variables are
caleulated explicitly at each spatial node £. Reaching the
right-hand boundary, the temporal index is increased (all
n - 1 quantities become n quantities) and calculations begin
again at the left-hand boundary.

If one were to use conventional forward time and central
spatial differences, the same difference algorithm could be
obtained from differential equations of the form

/3t + dg/dx + h = k-0% /ot 4)
where
= (Ax)Y/2A¢

Averaging the time derivatives is therefore equivalent to
adding dissipative second-order terms to the differential
equations. Dimensionally, k corresponds to a molecular
diffusivity coefficient in the mass equation, a kinematic vis-
cosity coefficient in the momentum equation, and a com-
bined kinematic viscosity and thermal diffusivity coefficient
in the energy equation. However, the magnitude of k is
necessarily several orders of magnitude larger thar{ any
physical counterpart, and some care must be taken in inter-
preting the numerical data to ensure that no physieal signifi-
cance is attached to results that are really attributablg to
the localized effect of these second-order terms. Given
suitable initial and boundary conditions, the difference equa~
tions are explicit in time. No iteration or special equations
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are required to handle the shock waves present initially or
generated at the boundaries.

The degree to which the numerical solution departs from
the inviscid solution depends on the magnitude of the co-
efficient k. This relation can be seen more clearly if the
dissipative differential equations are nondimensionalized.
We begin by defining the following dimensionless ratios

Uo = U/Ur, Po = P/prt;? )
Po = p/pry To = &[Ty, to = t/(x:/ ;)

The subseript r implies a reference quantity and the sub-
seript o implies a dimensionless ratio. The reference velocity
u, was chosen to be an average value and will be discussed
later, z, is the inlet length, and p. is the freestream density.

Substituting these dimensionless ratios yields a set of
equations in which the only coefficient appearing is the ratio
k/uz, in the second-order terms. This coefficient can be
rewritten as

[(Az/ Ab)/2u. )/ (z./ D) (6

For the numerical solution to these equations to be stable
(bounded with respect to time), the ratio Az/At¢ must equal
or exceed the maximum fluid plus sound speed encountered
anywhere in the flaid. This criterion was derived originally
from linearized equations, but has been found to be sufficient
for the general nonlinear equations. In essence, this con-
straint on the grid dimensions requires that calculations
proceed through the flowfield at a rate (Az/At) greater than
or equal to the physical propagation rate (w + a). If this
condition were not satisfied, perturbations could only be
transmitted through the flow at the nonphysical rate of
Az/ At, resulting in gibberish. When this condition is satis-
fied, perturbations propagate through the field at the physieal
rate of u 4 @, and the only information transmitted at the
rate Ax/At is the truncation and roundoff errors. We there-
fore define u, to be a maximum average value of local flow
velocity and sound speed,

Uy = (%—)[Iul “["‘ a]max (7)
Therefore,
(Azx/ At/ 2u, ~ 1.0 (8)

The ratio z./ Az is simply the number of nodes in the spatial
field at which calculations are made. Let

N = x,/Azx 9

The normalized governing differential equations, after
dropping the subseript o, are:

mass,

O(pA) /0t + d(pAu)/dx + ¢ = (1/N)[0%(pA)/0x*]

momentum,

O(pdu)/0t + 0(pAu?)/ox + Yu =
—A(QP/0ox) + (1/N)[0*(pAu)/d2?] (10)
and energy,

E/){(pA)P/(y — Dp + uw/2]} + (0/z) X
{(pAw) [yP/(v — Dp + w¥/2]} + ¢lyP/(y — 1)p +
u%/2] = (1/N)(@%/2a){(pA)[P/(v — L)p + u2/2]}

Therefore, the normalized governing differential equations
are independent of model size and the additional second-
order terms depend only on the number of nodes in the field.
If, in addition, the initial and boundary conditions are
similarly scaled, then geometrically similar flow systems are
dynamieally similar, and the solution of any one inlet problem
yields the solutions to all equivalently scaled problems.
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Numerical Compressor Face
Boundary Conditions

The one-dimensional analog of an axisymmetric inlet is a
simple converging-diverging nozzle with the left-hand bound-
ary at the cowl lip and the right-hand boundary at the com-
pressor face. For the started mixed-compression inlet simu-
lation problems, the supersonic left-hand boundary condi-
tions can be prescribed independently of the downstream
flow. The subsonic right-hand boundary conditions, how-
ever, must account in some fashion for the dynamie interac-
tion of the subsonic diffuser with the upstream supersonic
flow and the downstream compressor.

Completely defining the numerical solution of the three
conservation equations in this initial-boundary value prob-
lem requires that three boundary conditions be specified at
the compressor face. Since the corrected weight flow param-
eter (compressor face Mach number and flow area) is con-
ventionally used to describe engine operation, its temporal
variation was selected as one boundary condition. Possible
alternatives for the two remaining conditions include pre-
scribing the flow variables or their derivatives or extrapolat-
ing their corresponding difference equations. In view of
the myriad possibilities and the general scarcity of definitive
supporting dynamic experimental data, two sets of addi-
tional boundary conditions were selected as being repre-
sentative: 1) zero flow gradients at the boundary and 2)
extrapolated difference equations.

A review of the available experimental data indicated
that there was considerable latitude in choosing a representa-
tive compressor face Mach number history during surge.
Therefore, as a test case, impulsively setting the Mach num-
ber equal to zero was selected as being an appropriate inter-
mediate temporal flow variation which would also provide
solutions that might be compared with the closed-form
solutions obtained with the transformed Rankine-Hugoniot
(R-H) equations. The over-all effects of using these different
boundary conditions were then examined via the following
problem. Given a constant area duet with an initially uni-
form M = 2.0 flow, the corrected weight flow at the right-
hand boundary is set equal to zero, the weight flow at the
left-hand boundary being held constant at M = 2.0. A
shock wave is formed and begins moving to the left. At¢ =
1.0 X 1073 see, the right-hand boundary corrected weight
flow is returned to its original value and held constant. An
expansion wave is formed, moves to the left, overtakes and
attenuates the shock wave, and the fluid compressed by the
initial shock wave finally flows out of the field to the right.

Given that the corrected weight flow (Mach number)
preseription replaces one of the three conservation equations,
the two remaining flow properties are caleulated from the
assumed conditions. Assuming that the first backward
spatial difference is consistent with or reasonably represents
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its differential equivalent, we can calculate boundary flow
properties from

(Op/0z)» = 0— pp* = pry, (QP/Ox)" = 0=> P = P, n
wr = Mr[(yP/p)¥]r, Mp = 2.0(t = 0.0)
M = 0.00.0 <t < 1.0 X 10~ sec)
M = 20(t> 1.0 X 10~ sec) (1)

where the subseript ! indicates the right-hand boundary.

Similarly, using the first backward spatial difference and
the first forward time difference, we can extrapolate the mass
and energy equations, yielding,

(od)im ¥t = (pA)rr — (A A2)[(pAw) i — (pAw)rsr] — Aty
{PAIE+v(y = DMY/2(y — D}t = {(PA[(2 +
vy = DMH/2(y — DI} — At/ Az{[pAdu(yP/p(y —
1) +u?/2)lm — [pAu(yP/p(y — 1) + u2/2)]iyn} —
Atfy X [¥P/p(y — 1) +w¥/2]}r (12)
wrt = [M(yP/p)r]mht

Extensive numerical experimentation revealed that in-
creasing the backward difference approximations to second
third, or fourth order had little effect on the resulting bound-
ary values, but that the order in which the flow variables
were calculated could be interchanged for other relatively
slow Mach number transients only. For example, extrap-
olating the momentum and energy equations and calculating
pi*! from the Mach number prescription produced large
nonphysical excursions in pressure which, unless artificially
bounded, ultimately produced negative pressures. For these
other flow variable calculations, the boundary Mach number
was not set identically equal to zero for 0 < ¢ < 1.0 X 103
sec, but equal to 1.0 X 1078, Artificially bounding the
boundary conditions was avoided wherever possible since it
introduced nonphysical constraints that only complicated
the problem and the interpretation of the results.

Figure 3 shows the duct static pressure profiles at the indi-
cated times for the zero gradients prescription. The pressure
history obtained from the extrapolated equations prescrip-
tion was identical to that shown in the figure. The pressure
behind the initial shock obtained from the R-H equations is
also shown. Figure 4 shows the temperature profile history
for the extrapolated equations condition. While the tem-
peratures away from the boundary were identical to the zero
gradient and R-H values in the initial wave (the R-H equa-
tions also effectively presume zero flow gradients on either
size of the initial wave), those adjacent to the right-hand
boundary varied considerably. The boundary temperature
behind the initial wave exceeded the R-H value by 310°R.

When the Mach number was again set equal to 2.0, both
flows experienced large gradients adjacent to the boundary as
a result of the very rapid reacceleration of the fluid required
to satisfy this new boundary Mach number. Intuitively,
one would expect to encounter such large boundary gradients
in response to rapid boundary fluctuations in both the initial
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and subsequent waves, as observed in the extrapolated equa-
tions conditions, while the zero gradients preseription would
be more representative of the flow variations resulting from
less severe transients. Since the pressure history variation
was the primary objective, the temperature sensitivity was
not eritical. However, it is interesting to note than even
when the only explicit connection with the engine or down-
stream flow is the Mach number prescription and the pres-
sure and density are actually caleulated from the upstream
flow properties, significant variations in the temperature
flow history can occur.

Sinee the pressure history adjacent to the imagined com-
pressor face was not significantly altered by the choice of the
additional boundary conditions (zero gradients or extrap-
olated equations) in the preceding exercise, one then might
ask: How sensitive is the maximum pressure rise in a duet
following surge to the temporal engine corrected weight flow
definition of the surge? Defining surge requires at least two
quantities: the amplitude of the fluctuation in corrected
weight flow and the time interval over which this fluctuation
occurred. One should actually prescribe the exact flow
history at the compressor face, but this is a most elusive
quantity. Surge therefore was defined as a simple ramp
reduction for this discussion. As before, the amplitude of
surge was assumed to a 1009, reduction; the time interval
was varied from 1.0 X 1078 sec (impulsive stoppage) to 5.0 X
107 sec. The inlet model was a converging diverging duct,
similar to that shown in Fig. 1, with a contraction ratio of
2.0, an entering Mach number of 2.30, and a normal shock
just downstream of the throat.

Figure 5 shows the peak pressure just upstream of the
right-hand boundary following the 1009 ramp reduction
over the indicated time intervals. When the reduction was
quite rapid, a second shock wave appeared at the COMpressor
face whose strength (as defined by the static pressure ratio
across the shock), increased as it propagated upstream in the
subsonic diffuser. On reaching the throat, it coalesced with
the standing normal shock and the newly formed shock
moved into the supersonic diffuser. While the new shock
continued to accelerate (increasing strength), the absolute
pressure behind the shock began decreasing, producing ex-
pansion waves that propagated downstream, reduced the
pressure in the subsonic diffuser, and locally reversed the
flow. This sequence of events is depicted in Fig. 6, which
shows the duct pressure profiles at the indicated elapsed
time following the impulsive flow stoppage at the compressor
face.

In Fig. 5, note that as the surge time interval is increased,
the peak pressure decreases in the subsonic diffuser. This
can be explained in terms of the conflicting effects of 1) the
pressure rise resulting from the upstream travel of compression
waves as the compressor flow is reduced and 2) the pressure
drop resulting from the downstream travel of expansion waves
as the original standing normal shock is nudged into the
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supersonic diffuser by the upstream-traveling compression
waves. The resulting pressure rise is determined by the
dominance of one of these events. For very rapid flow re-
ductions, the upstream travel of compression waves domi-
nates, while for slow transients, the standing normal shock
expulsion is the controlling factor. Between the two ex-
tremes, the pressure rise is sensitive to the flow reduction
rate.

Inlet Geometry and Auxiliary Air Systems

Inlet pressure history during surge is quite sensitive to inlet
geometry. Using the impulsive flow stoppage model of
surge, the peak pressure is a strong function of the inlet
contraction ratio (the ratio of compressor face to throat
flow areas) and the initial compressor face Mach number.
The inlet volume had little effect on the peak pressure, but
it did influence the duration of the pressure pulse. How-
ever, future studies in which the engine is more realistically
coupled to the inlet will undoubtedly attach increased im-
portance to the inlet volume and how it influences the re-
covery characteristics of the engine following surge. Figure
7 shows the peak compressor face static pressure ratio reached
for four different contraction ratio ducts following surge as
a function of initial compressor face Mach number. The
maximum pressure was independent of whether the up-
stream boundary was supersonic or subsonic. However,
for the supersonic upstream flow cases, when the terminal
normal shock was located considerably downstream of the
throat in the subsonic diffuser, the peak pressures departed
from the indicated curves, the peak pressures being lower
than those shown. In the preliminary design of inlets, such
changes must be taken into account. For example, increas-
ing the design thrust of a prospective propulsion system by
overspeeding the engine, thereby increasing the design com-
pressor face Mach number, may ultimately result in a net
loss of additional thrust because of the increased weight of
the inlet hecessary to withstand the higher peak surge
pressure.

Each auxiliary air system tends to reduce the inlet peak
pressure during surge. Figure 8 shows compressor face
pressure histories for a typical inlet configuration with and
without throat slot and secondary air systems. The bound-
ary-layer bleed was the same in both cases and the bypass
doors were closed. The initial increase in pressure following
the impulsive flow stoppage is simply a function of the initial
compressor face Mach number. This is reflected in the small
difference in the initial rise resulting from the small difference
in initial compressor face Mach numbers for the two cases.
As the ecompression or shock wave is formed and begins mov-
ing upstream toward the throat, the bleeding capacity of the
secondary air system becomes apparent. The difference in
the compressor face static pressures increases with increasing
time. The throat slot becomes effective once the surge nor-
mal shock coalesces with the standing normal shock and the
the shock moves into the throat region. When the shock
wave passes the throat and moves into the converging por-
tion of the duct, expansion waves begin propagating into the
subsonic diffuser, which, depending on the initial Mach num-
ber distribution and inlet contraction ratio, may locally re-
verse the flow. Of course, once the shock wave has prop-
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agated upstream of the cowl lip, the higher internal duect
pressure will locally reverse the flow until the internal pressure
drops below the external total pressure. It was assumed
that no coupling existed between the main duct flow and the
auxiliary systems. Once the engine surged, the main duet
pressure increased rapidly, thereby choking the auxiliary
duct’s entrances. The volume of these ducts was sufficiently
large and the surge duration sufficiently short to prevent the
back pressures from increasing to the point where the duct’s
entrance nozzles unchoked. Additional dynamic studies of
the secondary air system duets, for example, have shown that
because of its relatively small entrance nozizle area and large
volume, the average duct pressure does not increase appre-
ciably during surge.

Experimental Evidence

Alford and Victor® examined the stall characteristics of a
large turbojet engine in response to the impulsive addition of
a slug of fuel to the combustion chamber. Pressures and
temperatures were recorded in- the bell-mouthed constant
area duct mounted ahead of the engine. A long bullet nose,
extending nearly one-third of the 120-in. duct length, was
attached to the compressor face. Figure 9 shows the tem-
perature history just upstream of the compressor face after
the addition of the slug of fuel. The first pronounced tem-
perature rise is due to the compressive heating of the gas by
the compression wave propagating upstream. The second,
and far larger, temperature peak is due to the local flow re-
versal where the burned gas is now flowing upstream. At
this point the fuel pulse has been expended, the compressor
has recovered from the stall and begun passing large amounts
of air again, and the temperature has dropped to its original
level. The flow reversal was not circumferentially or radially
uniform, and the upstream travel and strength of the tem-
perature wave was attenuated by mixing with the unreversed
cool gas flow. Figure 10 is the pressure history just upstream
of the compressor for a similar stall. Plane I was located
79.5-in. upstream of the compressor face and plane IIT was
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(Ref. 8).

5.75-in. upstream. The ratio of peak to initial static pressure
is 1.32. The second smaller pressure peak is a reflection of
the first wave from the upstream end of the duct.

The authors maintain that similar tests conducted with
simulated hard afterburner lightoffs produced similar, al-
though smaller, inlet pressure and temperature excursions.
Their conclusions were that compressor surges induced by
this fuel addition method would produce large temperature
and pressure variations, but that simulating the type of surge
by a complete and instantaneous flow stoppage was inac-
curate, since it underestimated the temperature variations
(no consideration was given to the reverse flow of burned
gas) and overestimated the pressure changes (the radial and
circumferential nonuniformity of the flow allowed the simul-
taneous upstream travel of the burned gases and the down-
stream travel of the unburned fluid). As discussed in their
Appendix C, at the measured duct Mach number of 0.37 the
peak to.initial static pressure ratio would be approximately
1.65 if the flow were completely and instantaneously stopped.

Rowe? investigated the surge characteristics of a two-stage
compressor (one axial, one centrifugal) by throttling the
compressor’s exhaust valve and measuring pressures and
temperatures in the constant area annular duet 5.75 ft in
length mounted ahead of the compressor. The compressor
was driven by a separate turbine. The experimental ap-
paratus is illustrated in Fig. 11. The duct flow history
following surge at 1009, design speed is shown in Fig. 12.
The curves displaced to the right are numerical results and
are discussed in the following section. The total pressure
and temperature probes and the static pressure P, were
located 0.50-ft upstream of the compressor face. The static
pressures P; and Ps; were located 2.50 ft and 4.50 ft, respec-
tively, upstream of the compressor face. Prior to surge,
the upstream-facing total pressure and total temperature
probes observe the stream total pressure and temperature,
whereas the other probes, being partially shielded by the
probes themselves and facing downstream, observe somewhat
lower values.

After the onset of surge, the initial upstream-traveling
compression wave locally reverses the flow, causing Prz now
facing the oncoming flow, to be higher than Prr. Once the
initial compression wave reaches the upstream boundary,
it is reflected as an expansion wave, thereby increasing the
flow in the reverse direction and decreasing the duct pressure.
The pressure rise following the initial drop occurs because of
1) the high-pressure air flowing backwards out of the com-
pressor and because 2) the compressor, once surged, acts
much like a solid boundary, reflecting incident compression
waves as compression waves and expansion waves as expan-
sion waves. This causes the pressure to again rise after the
initial compression wave has been twice reflected from the
duct entrance boundary. The “W’’ shape of this second
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smaller pressure peak, as stated by Rowe, “is probably
caused by reflection from the walls of the test cell,” located
a short distance ahead of the duect entrance. P; peak to
initial static pressure ratios as high as 2.42 were recorded
following suige at the 1009, design speed. Ps, being nearest
to the duet entrance, recorded the lowest static pressure rise.

During surge, the measured total temperature peaks, cor-
rected for the thermocouples thermal lag, considerably ex-
ceeded those calculated from the measured pressure rises
and the transformed Rankine-Hugoniot equations. This
difference was attributed to the large circumferential flow
velocity imparted to the fluid flowing backwards (upstream)
through the compressor during the period of reversed flow.
This circumferential kinetic energy measured by the thermo-
couples would not be observed by the axially mounted total
pressure probes.

Following the initial large flow pulsations, the duct pressure
was gradually reduced to the ambient external pressure as
the high-pressure duct air was exhausted out of the duect
entrance and the high-pressure air in the plenum chamber
downstream of the compressor was exhausted through the
partially open throttling valve. The compressor then re-
covered from surge, sending an expansion wave through the
duct which momentarily lowered the duct static pressure
below its initial steady-state value, and restablished flow
in the forward direction. Once the surge had been initiated
by slightly closing the downstream throttling valve, the
complete flow oscillation cycle, as depicted in Fig. 12, re-
curred at a frequency of about 3.50 Hz until the valve was
reopened. The frequency of oscillation increased and the
amplitudes of the flow pulsations decreased at the lower wheel
speeds.

Additional unpublished experimental data were obtained
when a modified JT8D-1 engine with a 727 center engine
S-shaped inlet duct surged unexpectedly during routine per-
formance tests. The duct was then instrumented to record
the maximum static pressures encountered during surge.
The peak static to initial total pressure ratios measured
varied from approximately 1.41 to 1.49. The peak to initial
static pressure ratio ranged from approximately 1.60 to 1.77.
If one assumes that complete and instantaneous flow stoppage
is the correct surge model, the calculated pressure rise exceeds
the measured peak by 9%. The source of the engine surge
was finally determined to be improperly positioned turbine
second-stage nozzle guide vanes.

The combination of additional boundary conditions and
corrected weight flow variations that is truly representative
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Fig. 10 Static pressure variation in inlet following stall
(Ref. 8).



APRIL 1971

of the supersonic transport propulsion system is the subject
of much discussion and conjecture. The widely divergent
results of the tests discussed, although not all inclusive,
indicate the sensitivity of the inlet flow following surge to the
surge-initiating mechanism. In each case the duect over-
pressure exceeded the initial stream total pressure. In the
high-altitude, high Mach number environment of a super-
sonic transport, such overpressures result in very large pres-
sure differentials across the inlet structure. Extensive
studies have been conducted within the Boeing Company
to determine the peak overpressure resulting from the most
severe combination of Mach number, altitude, and engine
transients.
ponents of this system will undoubtedly require that several
different sets of boundary conditions be used to define surge.
The moot questions surrounding this problem must be de-
ferred until the extensive dynamic testing of the entire pro-
pulsion system is completed.

Comparison of Numerical Model
with Experimental Data

Any quantitative comparison of numerical results with
experimental data is complicated by 1) our inability to define
the exact surge and recovery characteristics of a given com-
pressor as outlined previously and 2) the interaction of the
compressor-generated transients with the upstream duet
entrance boundary. The initial pressure rise, as experi-
mentally measured at some upstream duct position, can be
reproduced numerically by adjusting the initial compressor
face corrected weight flow variation to yield the same pressure
rise. However, any flow description beyond this point must

account for the simultaneous recovery or continuing surge '

of the compressor and the downstream-traveling compression
or expansion waves resulting from the interaction of the
initial upstream-traveling compression waves with the up-
stream boundary.

The upstream boundary conditions depend on both duct
entrance geometry and external flow environment. Rud-
inger4 and Foa’ discuss these problems in some detail. The
external flow may be supersonic or subsonic and traveling in
the same or opposite direction as the initial flow in the duect,
or the flow may be quiescent. If the length/diameter of the
duct is large and the flow perturbations are small, the erratic
flow following a wave reflection at the duct entrance plane
will be attenuated before it can appreciably affect the flow
some distance downstream. The calculated flow history,
using pseudo-steady boundary conditions (such as constant
entrance plane static pressure), some distance downstream
then would differ only slightly from that observed experi-
mentally. Airplane inlets, however, are typically short and
squatty with length/diameter ratios of about 3. Because of
this highly three-dimensional boundary interaction, it is
difficult to obtain quantitative agreement between experi-
mental and numerical data, especially when the initial waves
are strong enough to produce backflow from the duct entrance
and markedly change the external flow.

In view of the exploratory nature of this investigation and
the availability of Rowe’s detailed dynamic data, the quies-
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cent external environment boundary condition was selected
for evaluation. The effective length/diameter ratio of the
annular duct was about 15.5. Numerical experiments were
conducted using the impulsive flow stoppage model of surge
in a constant area duct (similar to that used for the right-
hand boundary studies) as a test case. This study showed
that the most physically realistic conditions resulted from
assuming zero second spatial derivatives for each of the vari-
ables, p, u, and P at the boundary, subject to the constraint
that the duct total pressure always was greater than or equal
to the assumed external ambient pressure. This additional
restriction prevented the duct total pressure from dropping
below the assumed external ambient pressure before the
compressor could recover from surge and restablish the steady
flow existing in the duct prior to surge.

The corrected weight flow variation at the right-hand
boundary simulating the surge and recovery characteristics
of the compressor was estimated from the experimentally
observed static pressure history at station 1. The zero
gradients preseription discussed earlier was used for the ad-
ditional compressor face boundary conditions. Numerical
results are shown in Fig. 12 (displaced to the right by 50 ms
for clarity). Even using the simple corrected weight flow
variation indicated in the figure, the numerical model can
approximately reproduce the duct flow history following
surge. The calculated total pressure and temperature
should be interpreted as the greater of the two measured
values of each variable since the calculated values do not
take into account the flow direction relative to the probes.
Although the calculated total pressure history agrees well
with the measured value, the calculated total temperature
peak is somewhat lower than the corresponding measured
peak. This results from the large circumferential flow
velocities, which are, of course, not considered in this one-
dimensional model. The blip appearing on the right-hand
side of the initial pressure spikes at station 1 was caused by
the overly simplistic left-hand boundary conditions adjusting
to the reverse flow of high-pressure fluid out of the duct
entrance. This erratic adjustment is more apparent in Pj
adjacent to the duct entrance. This blip carries through the
duct flow and appears as a slight drop in pressure and tem-
perature in the second smaller. spikes. Considering the
relative simplicity of the boundary conditions used (both
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left and right), it is apparent that a more detailed numerical
investigation of a given propulsion system would yield a
fairly accurate description of the inlet dynamics in response
to prescribed freestream or engine transients. Representing
observable and explainable physical phenomena by these
artificial numerical methods and obtaining seemingly for-
tuitous agreement may appear disconcerting at first. But
unless one is prepared to describe the exact temporal vari-
ation of each boundary flow variable during every flow
transient, which is impossible, such agreement, fortuitous or
not, is reassuring. As an illustration, had the extrapolated
equations’ boundary conditions been used instead of the zero
gradients conditions in our comparison, the overly high
temperatures near the compressor face (due physically to the
circumferential velocities) could have been approximated
numerically. (Recall that the boundary temperature con-
siderably exceeded the Rankine-Hugoniot value on the right-
hand boundary numerical experiment). Well-reasoned hy-
potheses could be devised that purport to explain the be-
havior of these numerical approximations, but these argu-
ments border on the metaphysical. Faced with innumerable
alternative methods of numerically preseribing boundary
conditions, the pragmatist must select, however arbitrarily,
some combination of boundary conditions that seems in-
tuitively reasonable, then conduct his own numerical experi-
ments.

Conclusions

The inherent simplicity and flexibility of the artificial
viscosity technique make it well suited to solving general
duct dynamics problems. However, the inclusion of non-
physical dissipative terms may preclude using this type of
analysis on problems involving small-amplitude (acoustic)
phenomena because of the relatively large number of nodes
required to suppress these nonphysical terms. The wave
thickness, and therefore the resolution of the flow transients,
varies inversely with the number of nodes in the spatial field
(N) and the wave strength. Therefore, in order to delineate
relatively weak wave interactions, there must be a correspond-
ing increase in the number of spatial nodes to compensate for
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the increased wave thickness of the weaker waves. As an
example, when the CDC 6600 computer is used, the ratio of
machine to real time is about 6000 for the problems described
here, N being about 200. The higher flow resolution re-
quired for small-amplitude problems would at least quadruple
this ratio.

Using the engine corrected weight flow parameter to de-
scribe dynamic engine behavior is satisfactory, providing
that its temporal variation and the two remaining boundary
conditions are judiciously selected to represent the particular
propulsion system under consideration. The sensitivity of
the inlet flow history to the surge-initiating mechanism re-
quires that several such alternative boundary conditions be
mnvestigated. The peak pressure experienced by the inlet
during compressor surge is very seunsitive to the inlet con-
traction ratio and to the presence of auxiliary air systems.
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